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Abstract: In the pursuit of a lighter composite wing design, fast and effective methodologies for
sizing and validating the wing members (e.g., spar, ribs, skins, etc.) are required. In the present paper,
the preliminary design methodology of an airliner main composite wing, which has an innovative
multispar configuration instead of the conventional two-spar design, is investigated. The investigated
aircraft wing is a large-scale composite component, requiring an efficient analysis methodology;
for this purpose, the initial wing sizing is mostly based on simplified Finite Element (FE) stress
analysis combined to analytically formulated design criteria. The proposed methodology comprises
three basic modules, namely, computational stress analysis of the wing structure, comparison of
the stress–strain results to specific design allowable and a suitable resizing procedure, until all
design requirements are satisfied. The design constraints include strain allowable for the entire
wing structure, stability constraints for the upper skin and spar webs, as well as bearing bypass
analysis of the riveted/bolted joints of the spar flanges/skins connection. A comparison between a
conventional (2-spar) and an innovative 4-spar wing configuration is presented. It arises from the
comparison between the conventional and the 4-spar wing arrangement, that under certain conditions
the multispar configuration has significant advantages over the conventional design.

Keywords: composite wing; structural wing design; multispar arrangement; design criteria

1. Introduction

The application of composite materials in primary aeronautical structures is progressively
increasing, e.g., about 25% of the AIRBUS A380 aircraft (A380 Innovation: https://www.airbus.com/

aircraft/passenger-aircraft/a380/innovation.html#materials (accessed on 21 February 2020)) is produced
of composites (mainly the rear fuselage, central wing box, horizontal and vertical tail plane), while the
next aircraft generation is expected to have about 50% of composite materials on its structure. To fully
exploit the advantages of composite material design, apart from other developments, investigations
on the possible advantages of non-conventional design configurations is essential. In the pursuit of a
lighter composite wing design, fast and effective methodologies for sizing and validating the wing
members (e.g., spar, ribs, skins, etc.) are required.

The increase of the computer power, as well as the constant development of the numerical methods
(e.g., FE methods) allowed researchers to explore different wing structural configurations [1] that
deviate from the traditional wing design, which is based on the experience gained so far. Most of
the wing studies focus on the wing structural optimization, in order to determine the lightest and
strongest internal wing structure. Characteristic studies are carried out, by several researchers, by
employing optimization routines regarding the stiffened panels [2–5], the position of the spars and
ribs [6,7]. Furthermore, topology optimization is frequently employed to determine the optimum
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location of certain structural components under static and aeroelastic loads [8,9]. Additionally,
a lot of work has been accomplished for the solution of local structural problems, e.g., buckling
issues or lay-up optimization [10–17], aeroelasticity, flutter [18], local optimization of panels or areas
with cut-outs [19–21] for obtaining lighter designs. The aforementioned studies refer to a 2-spar
arrangement only and to some specific structural problems, while the advantages that can be obtained
by accommodating additional spar (more than two) in the wingbox as well as the design methodology
that has to be followed is not exhaustively covered. Some of the most relevant but limited studies
in the field of multispar wing structures are briefly mentioned hereafter. Snell et al. studied in [13]
possible advantages of a metallic multispar configuration with composite skin by determining the
optimum skin lamination in a small structural section only. A study carried out by Watson et al. [22]
investigates a multispar configuration by considering only the buckling of skin, with semi-analytical
methods, as a constraint, while for the rest of the members no additional failure criteria are adopted.
Aston et al. in [23] developed a methodology for conservatively designing a multispar wing, and the
focus of this work is to achieve fast design results rather than obtaining optimized member sizing.
Herbeck developed a design methodology for sizing a wing structure by having as design criteria
the buckling of skin and ribs, as well as bolted joints behavior [24]. Despite all of the above, Herbeck
applied the methodology to a conventional 2-spar composite configuration only, while multispar
configurations are not studied. Another work [25], focusing on the optimization of stiffened panels of
a metallic wing box using buckling constraints and fatigue, is aiming to determine a lighter design.
A significant contribution is offered by Stamatelos and Labeas in [26], who showed that multispar
configurations can lead to lighter designs than the respective conventional under certain circumstances.
Their investigation is based on the methodology presented hereafter. More recently, Moors et al.
completed a study [27] which found that multispar designs can be lighter if combined with the
appropriate number of stiffeners. In the latest work, local buckling of stiffeners (crippling) is also
considered as a design constraint but the bearing bypass behavior is not taken into account.

According to the aforementioned literature review the wing members, during the preliminary
design phase, are usually sized based on stress–strain criteria in order to have fast iterations, therefore
simplified FE models are utilized for this design stage. On the contrary, during the detail design
phase, fine FE models are necessary so that wing members are sized, among others, against buckling
and study their bearing bypass behavior. In the present paper, an innovative methodology for the
preliminary member sizing of a wing structure is proposed, which considers (a) stress strain criteria,
(b) global buckling criteria for the stiffened skin and spar webs, as well as (c) bearing bypass analysis
for the bolted joints. To this end, the member sizing of the preliminary design phase can become
more accurate, since criteria from the detail design phase are considered. It is essential to note that
the proposed sizing methodology requires simple FE models, so the time for the completion of each
iteration is relatively small. Eventually, by adopting the proposed methodology, the accuracy of the
member sizing, during the preliminary design phase, can be increased.

Moreover, the efficiency of the proposed methodology enables the fast, preliminary sizing of
an innovative 4-spar composite wing layout. The 4-spar composite wing layout is then compared
to a conventional 2-spar configuration in order to examine if multispar configurations demonstrate
potential advantages, such as, stronger and stiffer structural arrangement, possibility of skin thickness
reductions, or enhancement of their bearing bypass behavior. The reason for demonstrating the generic
design methodology proposed for multispar configurations in the case of a 4-spar wing is simply
because a 3-spar arrangement partially exists in some conventional wings, usually as a false spar;
apparently, the method can be easily adopted for any other multispar wing configuration. Although,
metallic multispar arrangements (e.g., delta wing) are usually used in supersonic military aircraft,
where super critical airfoils are required, a composite multispar wing for commercial aircraft has not
been studied so far.



Computation 2020, 8, 24 3 of 14

The flow chart of Figure 1 illustrates the different stages of the design optimization process,
which have been followed in the present paper, for the initial sizing of an airliner composite multispar
wing structure.
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Figure 1. Flow chart of the multispar composite wing design process.

The parametric numerical Finite Element (FE) models of a 2-spar and a 4-spar wing configuration
have been developed using ANSYS FE code [28] and they are presented in Section 2. The models
are based on a 70% scaling of the basic geometrical configuration of an AIRBUS A330 aircraft. The
computational models are fully parametric with respect to the main geometrical details, such that the
determination of stress, strain and displacement of numerous wing structural variations is calculated as
function of varying sizing parameters (i.e., thickness or area); in that way, optimization of the structural
sizing is achieved. The FE results are introduced in a sizing routine, which includes an integrated set
of design constraints for sizing the entire composite wing.

The design constrains, as explained in Section 3, are similar to those proposed in Herbeck’s
work [24], with some modifications and additions, which mainly refer to stiffened panel buckling
analysis and bearing bypass calculations. The wing numerical stress analysis, as well as the sizing
routine, are iterated until all design constrains are satisfied, i.e., the corresponding Reserve Factors
(RFs) must have values greater than unity.

The optimized wing designs arise by applying two different variations of the iterative optimization
procedure, as further explained in Section 4. The comparison of the 2-spar and the 4-spar wing (Section 4),
demonstrates that the 4-spar configuration can have a mass reduction of 1.6% to 6.3%, indicating that
multispar designs can be potentially used in future airliner composite wing constructions.

2. Description of the Computational Analysis Model

A composite wingbox comprising the exact geometry of an AIRBUS A330 airliner wing, scaled
at 70% of its original size, is considered for the present study. The length of the analyzed wing is
21 m (wing span of 44.95 m), with a total wing area of 94 m2. The wing geometry modeled is kept as
simple as possible for both configurations, i.e., the conventional 2-spar and the 4-spar configuration.
Despite the fact that the number and the position of the ribs in conjunction with the number of spars
will reveal more advantages for a multispar configuration, the location of the ribs is kept constant for
both configurations. The main reasons for this assumption is, firstly, the need for reducing the number
of optimization parameters, secondly, to make more evident the effect and benefit of any additional
spars in the wingbox and, thirdly, the fact that the final rib position in a wing structure alters as the
design progresses, since the ribs are also positioned to pick up concentrated loads from landing gears,
powerplants, actuators, formation of fuel tanks boundaries etc.
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The FE models mainly comprise two or four main spars, (spar flanges and spar webs are modeled
explicitly), the upper and lower skins (covers) and the ribs, as presented in Figure 2a–c. The mesh
density of the FE model, is determined through a convergence study, where the vertical displacement
is monitored in order to obtain an adequate mesh density for the wing structure.
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aerodynamic lift and drag pressures, as well as the weight of the powerplant. All secondary loading 
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Figure 2. (a) Outer geometry of the wing; (b) inner 2-spar wing structure; (c) inner 4-spar wing structure.

‘Shell 181’ element type of the ANSYS element library is used for the skin, rib and spar-web panels.
The spar flanges are modeled using the ‘Link8’ element type, which is a 3-D spar element with uniaxial
tension-compression behavior and has three degrees of freedom at each node. The entire FE model of
the 2-spar and 4-spar configurations comprises approximately 40,000 and 43,000 elements, respectively.
A detail of the FE model discretization in the lower side, which shows the FE mesh around the access
holes area is shown in Figure 3a. It must be mentioned that all geometrical input of the model is
introduced in the FE model parametrically (skin and web thickness, flange areas, bolt-hole dimensions,
etc.), in order to enable variations of these parameters during the optimization procedure. Each skin
panel is divided to five areas, at each of which a different thickness value may be assigned, i.e., the
skin panel thickness is assumed to vary chordwise to allow weight reduction, as shown in Figure 3b.
The FE model’s boundary conditions comprise fixing of all degrees of freedom in the wing root.
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The material system is not a design variable in the current study. The apparent material properties
of the composite lay-up applied are achieved using the Classical Lamination Theory; for both spars
and ribs, the apparent elasticity modulus values are E11 = E22 = 51,953 MPa, shear modulus is
G12 = 25,772 MPa and Poisson’s ratio is ν12 = 0.398; in a similar way, the respective values for the
covers are E11 = 75,026 MPa, E22 = 30,335 MPa, G12 = 15,573 MPa and ν12 = 0.4366.

As the present study aims to a preliminary comparison of 2- and 4-spar wings, only the most
important and critical wing loading scenario has been selected for the analysis; it comprises the
aerodynamic lift and drag pressures, as well as the weight of the powerplant. All secondary
loading conditions, such as landing gear loads, secondary aerodynamic loads, etc. are ignored.
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The above-described FE models are used to perform a linear static analysis with the use of ANSYS FE
solver, from which the stresses, strains and displacements all over the wing structure are calculated.

3. Composite Wing Design Allowable

In order to perform an initial structural sizing of the wing components, the obtained static analysis
results are compared to the respective allowable values, in order to check if the members’ sizing fulfil
the design constraints. All structural elements of the wing, i.e., spar flanges, spar webs, skin panels
and ribs are checked for satisfying the strain allowable, which ensures that no material failure will
occur. In order to achieve a conservative design, the strain allowable of the current material system is
set to 6000 µ for tension, −6000 µ for compression and 7000 µ for shear loading. The strain allowables
are set to have these values after following AIRBUS-UK guidelines, so that certain damage tolerance
principles are met.

Apart from the aforementioned strain allowable, other specific design constrains should be
fulfilled. The upper skin panels, which are under compression loading due to the wing bending
arising from the aerodynamic lift load, are additionally sized and verified with respect to buckling
under compression, shear, and compression–shear interaction. The spar webs are additionally sized
according to buckling under shear, bending and shear–bending interaction. Finally, a bearing bypass
analysis is performed for the flange-web and flange-skin connection areas.

Wing ribs are additionally sized according to Brazier loading, i.e., rib crashing due to wing
bending. The rib number and sizing does not affect significantly the total mass of the wing, as their
total mass is less than 10% of the total wing mass; considering also the reasons mentioned in Section 2,
the rib number is kept constant for both 2- and 4-spar layouts.

The implementation of the various design constrains for each structural element of the composite
wing is described in detail hereafter.

3.1. Upper and Lower Skin Panels

It is well known that the upper cover of a wing is subjected to compressive and shear loads, which
may lead to panel buckling. For this reason, the upper wing panels are additionally sized with respect
to compressive and shear bucking, as well as to their interaction.

Determination of the critical buckling load of stiffened panels requires modelling of the different,
complex stiffener geometry, as well as the skin stiffener interface. However, in the phase of initial
and preliminary design, modelling of the stiffener geometry and its connection to the skin would
result to a large-scale computational model, requiring significantly increased model development and
solution effort. Furthermore, changing the design parameters and performing iterations with such a
large-scale numerical model is rather impractical. Thus, to simplify the wing’s FE model, the stiffeners
are not included in the panel’s FE model in a discrete way, but their stiffness is smeared into the entire
panel geometry, as shown in Figure 4, in a way that their effect in buckling response is efficiently
considered. According to AIRBUS-UK guidelines, it is assumed during the stiffness smearing process
that the stiffeners are blade shaped with a pitch of 200 mm, which is rather typical for such aircraft
wing size. Consequently, the calculation of the critical buckling load of stiffened composite panels can
be performed using unstiffened panel analytical formulations [29–32].

It is also worth mentioning that, during the preliminary design phase for the buckling analysis
of the panels, simply supported boundary conditions are assumed for all of their edges. This is a
common assumption for this design phase, so that a relatively conservative member sizing can be
obtained, as well as for simplicity reasons. In reality and in full-scale experimental tests though,
the boundary conditions of the panels are elastically restrained, hence, simply supported panels are
meaningless to be experimentally tested in later stages of the design. Consequently, the validation
of the proposed buckling solution, which refers to simply supported panels, is obtained with the
use of FE methods. Furthermore, the methodology is revised by AIRBUS-UK for its applicability.
Of course, during the experimental study of the structure, where large scale components are tested,
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the modelling approach differentiates with the one presented hereafter. For completeness purposes,
representative experimental studies are also mentioned for large scale aircraft structures [33–35] and
for rotorcrafts [36,37].
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In the present analysis, the critical buckling compressive load is calculated using the analytical
solution of Equation (1) [31];
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Equations (1) and (2), D0 = E11t3

12(1−ν12ν21)
, Deq

i j are the components of the equivalent bending stiffness
matrix. The equivalent bending stiffness matrix yields using an energy approach. In more detail, by
equating the strain energy and the work done by the compressive forces of the stiffened panel with the
respective energy of an equivalent homogeneous panel (no stiffeners), the equivalent bending stiffness
terms can be calculated. Furthermore, in Equations (1) and (2), α is the length of the unloaded edge
of the panel and R is the panel’s aspect ratio. Nx, Ny are the uniform distributed load applied to the
panel’s edges as shown in Figure 4. m, n are the number of buckling half waves and their values are
determined to result the minimum critical buckling load Ncr.

At each design optimization step, the skin panels may fulfil or not fulfil the buckling or the
strain allowable. In either case, the panel skin thickness should be properly resized locally before
a consequent iterative solution of the entire structural model is executed. The element thickness
should be suitably increased in case the panel load is higher compared to the critical buckling load;
on the contrary, it must be decreased in cases that the RF is much higher than unity, such that in the
subsequent iterations the RF approaches unity. In the present optimization procedure, the introduced
resizing rules distinguish between the possible failure types. For the case of buckling constraint, panel
thickness recalculation (ti+1) follows the rule:

ti+1 =
4
√

t4
i /RFi (3)

Equation (3) arises from Equations (4) and (5), which express the RFs of two subsequent iterations
(i) and (i + 1). The RF of the ith iteration is RFi and is calculated as a function of the applied load Pi and
panel thickness ti, as:

RFi =
Ncri

Ni
= f

 t3
i

Pi

 (4)
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Similarly the RF of the sequential iteration (i + 1) is given by the first part of Equation (5).

RFi+1 =
Ncri+1

Ni+1
= f

 t3
i+1

Pi × ti /ti+1

 = f

 t4
i+1

Pi × ti

 (5)

Equation (3) yields from the substitution of Equation (4) to Equation (5) and solving with respect
to panel thickness ti+1. The iterative procedure is performed until an optimum sizing is achieved,
which apparently is succeeded when a RF of one (RF f inal = 1) is achieved.

The critical shear buckling load of the spar webs and the upper skin panels is estimated by
Equation (6), [32]; the analytical buckling solutions are valid for long panels loaded in shear:

Nxycr =


4
b2

(
D11D3

22

)(
8.125 + 5.05

θ

)
, θ ≥ 1

4
b2

√
D22(D22 + 2D66)

(
11.7 + 0.532θ+ 0.938θ2

)
, θ < 1

(6)

In Equation (6), θ =

√
D11D22

D12+2D66
and b is the lateral dimension of the plate.

Finally, to avoid panel buckling due to interaction of compression and shear loading, the
individual buckling RFs for compression and shear (Equations (7) and (8)) are combined according to
Equation (9) [38] as follows:

RFcomp =
Nxcr

Nx
(7)

RFshear =
Nshearcr

Nshear
(8)

1
RFcomp

+
1

RF2
shear

= 1 (9)

In Equations (7)–(9), RFcomp and RFshear are the RF for compression and shear buckling, respectively.
Buckling is not an applicable sizing criterion for the lower skin, simply because it is basically

loaded in tension. Therefore, the axial strain allowable of the panels governs their sizing. As already
mentioned, the allowable tensile strain level used is 4500 µ.

3.2. Wing Main Spar

The investigated wing designs comprise 2- and 4-main spar layouts. Each spar consists of the upper
and lower spar flanges, which are connected by the spar web. The main driving factor for the spar web’s
sizing is buckling under shear loading, which is calculated by Equation (6). However, in-plane bending
buckling and the interaction of shear and in-plane bending buckling are also considered. For in-plane
bending buckling, a closed form analytical solution is proposed [39] as given in Equation (10).

Bendcr = KBendπ
2
√

D11D22/b2 (10)

Where in Equation (10),

KBend = 13.425 + 10.499β and, β =
(D12 + 2D66)
√

D11D22

The above buckling formulae for shear and in-plane bending buckling are limited to infinitely
simply supported long plates, a requirement which is fulfilled in the case of the long spar webs.
The interaction of shear and in-plane bending buckling is treated using the RF approach of
Equations (7)–(9) of Section 1 properly modified.
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3.3. Bolted and Riveted Joint Areas

3.3.1. Bearing Bypass Analysis of the Joint Areas

The upper and lower skins are bolted to the spar flanges, but even the best fastened joints in
composite materials can still impose a loss in strength of about half the basic material allowable [40].
In general, fastener holes are subjected to the combined effects of bearing loads (Fbearing) and loads that
bypass the hole (Fbypass), as illustrated in Figure 5. The ratio of bearing to bypass load depends on
the stiffness of the joint configuration. As the joint is loaded by Ftot, the bearing bypass ratio remains
nearly constant until joint damage develops. Therefore, the joint area of the spar flanges to the skins
should be considered for bearing or net-section failures [41–43].
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Figure 5. Bolted joint bearing bypass load transfer schematically represented.

The bearing bypass analysis is the final constrain considered in the present design. The important
geometric characteristics of the joint area are bolt diameter (d), bolt pitch (4d) and spar flange thickness
(tfl). The joint bearing and bypass loads, required as input for the bearing bypass analysis, are extracted
from the FE model solution. In parallel, experimentally obtained failure envelopes are constructed
based on joint geometrical and material data. It is consequently checked if the applied bearing and
bypass loads satisfy the strength requirements. The extracted values from the FE model, as well as
the calculated parameters for plotting the final failure envelope, are illustrated in the flow-chart of
Figure 6. The details of the process implementation in the case of the current composite wing joints are
described in the next paragraphs.
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3.3.2. Geometrical Configuration of the Joint

A double row of bolts in the spanwise direction is considered for both wing configurations.
The complete determination of the joint geometrical configuration requires definition of the bolt
diameter (d), bolt pitch and the spar flange thickness (tfl). The bolts are equally spaced with a pitch of
4d, following bolting empirical guidelines, which ensure that unreasonable failures will be avoided.
The bolt diameters are allowed to vary in the spanwise direction.
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The bolt diameter is calculated according to the inequality of Equation (11). For the present wing
design, titanium bolts are selected with an allowable shear strength value of 662 MPa.

Shear Stress =
Bolt Load
πd2 /4

≤ Allowabe shear o f bolt (11)

In Equation (11), the Bolt Load for a double row of bolts is calculated with the use of Equation (12).

Bolt Load = 2× d× q (12)

In Equation (12), q are the extracted spar web shear flow values, as calculated from the FE
model solution.

3.3.3. Bearing Bypass Loading

For a joint configuration with specific bolt diameter, bolt pitch and spar flange thickness, the
respective bearing and bypass loads can be calculated as follows:

Bearing Load = Bolt Load = 2× q× d (13)

Bypass Load =
Flange Axial Load

12d
(14)

In Equation (14), the values for Flange Axial Load parameter are extracted from the FE model
solution by considering the section bounded by the upper and lower flanges, which lies between two
sequential ribs.

3.3.4. Failure Envelope

Failure envelopes covering all possible failure modes of a bolted joint, i.e., tension, cleavage,
shear and bearing have the typical form of Figure 7. Such failure envelopes are constructed by
experimentally testing different geometrical configurations of bolted joints with different material
types and lay-ups. The bearing bypass failure envelope, which corresponds to the geometry, material
system and lamination of the joint as defined in each iteration, is examined in order to examine if the
applied bearing bypass load combination (indicated by the red dot plotted in Figure 7) falls within the
respective failure envelope. Apparently, when the bearing bypass load combination falls inside the
envelope, no joint failure is expected, while when the dot lies outside the failure envelope a failure is
predicted, thus another re-sizing iteration should be performed.

Computation 2020, 8, x FOR PEER REVIEW 9 of 14 

 

The bolt diameter is calculated according to the inequality of Equation (11). For the present wing 
design, titanium bolts are selected with an allowable shear strength value of 662 MPa. 	 = 	 ≤ 	 	 	  (11) 

In Εquation (11), the Bolt Load for a double row of bolts is calculated with the use of Εquation 
(12). 	 = 2 × ×  

(12) 

In Equation (12),  are the extracted spar web shear flow values, as calculated from the FE 
model solution. 

3.3.3. Bearing Bypass Loading 

For a joint configuration with specific bolt diameter, bolt pitch and spar flange thickness, the 
respective bearing and bypass loads can be calculated as follows: 	 = 	 = 2 × ×  

(13) 	 = 	 	12  (14) 

In Equation (14), the values for 	 	  parameter are extracted from the FE model 
solution by considering the section bounded by the upper and lower flanges, which lies between two 
sequential ribs. 

3.3.4. Failure Envelope 

Failure envelopes covering all possible failure modes of a bolted joint, i.e., tension, cleavage, 
shear and bearing have the typical form of Figure 7. Such failure envelopes are constructed by 
experimentally testing different geometrical configurations of bolted joints with different material 
types and lay-ups. The bearing bypass failure envelope, which corresponds to the geometry, material 
system and lamination of the joint as defined in each iteration, is examined in order to examine if the 
applied bearing bypass load combination (indicated by the red dot plotted in Figure 7) falls within 
the respective failure envelope. Apparently, when the bearing bypass load combination falls inside 
the envelope, no joint failure is expected, while when the dot lies outside the failure envelope a failure 
is predicted, thus another re-sizing iteration should be performed. 

 
Figure 7. Bearing bypass failure envelope. Figure 7. Bearing bypass failure envelope.



Computation 2020, 8, 24 10 of 14

The sizing of spar flanges additionally requires that the values of flange thickness t f l and bolt
diameter d, satisfy the condition of Equation (15), in order to avoid bolt intrusion to the laminated flange.

Bearing Load
t f l × d

≤ Bearing Strength o f Laminate (15)

The entire bearing bypass sizing procedure described above is programmed in Visual Basic for
Applications (VBA) of Excel and hence the procedure can be repeated iteratively until a safe design is
obtained for each joint area.

4. Comparison between 2- and 4-Spar Configurations

A post processing code has been developed as an ANSYS macro-routine in order to perform an
automated allowable check of all the components of the wing model. The macro-routine extracts
geometric data and strain/stress results, derives magnitudes of interest out of them using analytical
functions and compares them with the pre-set limits, i.e., maximum allowable strain levels, critical
buckling loads, bearing bypass limits, etc. Several iterations are required until all design rules are
satisfied and the final sizing that eventually provides the lightest structure of each configuration arises.

Two different variations of the optimization process have been trailed in the present study; both
variations consist of the same four steps, specifically: (a) sizing of the entire wing, such that all its
components satisfy the pre-set strain levels; (b) sizing of the upper skin panels, such that compression
buckling constraints are satisfied; (c) sizing of the webs according to shear and bending buckling criteria,
and (d) bearing bypass analysis for the bolted joint areas. In the first variation of the optimization
procedure (referred hereafter as OP-1), at each optimization step, the structural members are sized
according to one constraint and consequently all other structural members are resized with respect
to all other constraints. In the second variation of the optimization procedure (referred hereafter as
OP-2), no resizing of already sized members is performed, when other members are checked for the
additional constraints.

The flow chart of Figure 8 illustrates the details of the different stages of the optimization process
followed, highlighting the differences between the two iterative schemes.
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5. Results and Discussions

A comparison between 2- and 4-spar wing designs is performed. In Table 1, a detailed mass
breakdown in (kg) for both configurations is presented. Comparing the results of Table 1, the 4-spar
arrangement appears to be relatively lighter compared to the conventional 2-spar design.

Table 1. Detailed final mass breakdown of the 2-spar and the 4-spar composite wing
structural configurations.

Optimization Procedure 1 Optimization Procedure 2

Wing Component
2-Spar

Arrangement
4-Spar

Arrangement
2-Spar

Arrangement
4-Spar

Arrangement

Upper Skin 1405 956 1474 993
Lower Skin 776 656 862 749

Front Spar Web 154 123 156 119
Front Spar Flange 84 55 175 92

2nd Spar Web - 158 - 160
2nd Spar Flange - 213 - 160

3rd Spar Web - 133 - 132
3rd Spar Flange - 166 - 152
Rear Spar Web 99 75 99 78

Rear Spar Flange 106 53 131 71
Ribs 213 210 241 233

Total Wing Weight (kg) 2837 2798 3138 2939

It can also be observed from Table 1 that the 4-spar arrangement appears to be lighter than the
2-spar by approximately 1.3% (38 kg) and 6.3% (198 kg), when OP-1 and OP-2 are applied, respectively.

Another important remark refers to the lateral wing tip displacement (Uz), which has been
calculated to be about 3.3 m for both models, indicating that the entire wing stiffness remains almost
constant in both configurations. This can be initially explained by considering that both configurations
are sized based on the same allowable strain values. This important remark is better understood if
a wing cross-section is considered; it is evident that when the number of spars increases, the design
optimization requires a mass movement from the skin towards the spar flanges, with a tendency
to keep the overall second moment of inertia almost constant. This observation indicates that no
significant mass savings can be achieved, if the sizing is based exclusively on strain allowable.

As previously mentioned, compression buckling is the driving design factor for the upper skin
panels for both wing arrangements (2- and 4-spar). The fulfillment of compression buckling constraints
can give advantage to a multispar configuration, due to a positive change of the panel aspect ratios,
resulting to higher critical buckling loads (Equation (1)). It is found that for the case considered, the
weight penalty due to buckling reaches to approximately 30% of the upper skin mass, i.e., between
500 kg and 600 kg for the conventional arrangement. On the other hand, the weight penalty required
to fulfill upper cover buckling constraints of the 4-spar arrangement is only 10% of the upper skin
mass. Therefore, the margin for a potential weight saving relevant to panel compression buckling is
quite essential. Nevertheless, the total mass of the spars in the 4-spar arrangement is higher compared
to those in the conventional configuration. The reduction of the skin mass in the 4-spar arrangement is
relatively higher to the mass penalty caused by the addition of intermediate spars in the multispar
configuration, which results to an overall advantage of the multispar arrangement.

The material system has not been considered as an optimization parameter in the present
study. However, an important remark with respect to the selection material system for a multispar
configuration is that a material system with significantly higher elastic modulus (E11) in the principal
material direction is required for the spars. It is believed that a lamination enhanced in the spanwise wing
direction will withstand higher axial loads, which will result a more beneficial multispar configuration.

It is worth mentioning at this point that this parametric study is carried out in the frames of the
preliminary structural design phase and its aim is to explore whether a multispar configuration has
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potential advantages for further analysis. The impact of a multispar configuration to the aircraft’s
performance has not been considered at this stage. However, it is expected, in the multispar
configuration, to have a reduced space in the wings for fuels, compared to a conventional spar
arrangement that will probably result to reduced overall flight range and endurance if no further
actions or considerations are taken. In the multispar configuration, the fuel space issues that will arise
due to the additional spars in the wingbox, can be overcome by adopting the fuel tank scheme that is
used in fighter aircrafts with multispar wing layouts. Moreover, an extended center fuel tank in the
fuselage can be also foreseen to meet the flight range and endurance requirements of the aircraft.

6. Conclusions

An effective method for sizing large scale composite components, such as aircraft wings, is
developed and presented in the current paper. The method is demonstrated in the preliminary design
of a multispar composite wing configuration and it has been proven that the actual member sizing
(spar, skin, etc.) can be obtained in a relative small time frame, even though iterations are required.

Analytical closed form solutions for predicting the critical buckling load of stiffened panels
are developed with the use of a smearing approach so that the buckling solution equations can be
programmed easily, within ANSYS (ANSYS Parametric Design Language) APDL, and provide instant
results during an iteration loop. Moreover, empirical bolting rules for joining the skin to the spar
flanges are applied and in conjunction with the derived bolted-joint failure envelopes, the sizing of all
joint areas is obtained. By utilizing the bolted-joint failure envelopes the determination of the sizing of
the bolts can be completed without running any joint FE analyses that will increase the computational
cost and time of each iteration. Additionally, two optimization procedures (OP) are followed to obtain
the final sizing solutions. OP-2 does not allow resizing of all wing members between consequent
iterations of the optimization results to more conservative designs and hence has less mass saving.
Moreover, for the OP-2 the required time and number of iterations, to obtain a converged solution
regarding the member sizing, is less than the time required for OP-1. However, both optimization
procedures require less than two hours in a standard computer (8GB RAM) to converge to the final
member sizing (regardless the configuration).

The final comparison between the two optimized configurations showed that the 4-spar
arrangement appears to be lighter than the conventional 2-spar wing by 1.3% (38 kg) or 6.3%
(198 kg) depending on the optimization procedure followed. The lateral displacement of the wing tip
is found to be approximately the same for both configurations indicating that the total stiffness of the
two wing configurations remains almost constant. Compression buckling is the driving constraint for
the upper skin; its fulfillment provides advantage to the multispar configuration, due to positively
changing of the wing panel aspect ratios which result to higher critical buckling loads. It is believed
that a more efficient multispar arrangement may be achieved by employing a material system of higher
modulus of elasticity in the spar direction. Finally, apart from the reduction of wing mass, a multispar
wing solution can have advantages from a manufacturing point of view if modular manufacturing
techniques are considered.
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